
ICCAS2003                           October 22-25, Gyeongju TEMF Hotel, Gyeongju, Korea      
 

 
1. INTRODUCTION 

 
Fast, reliable and relatively simple attitude estimation of 

a low earth orbit (LEO) satellite in the sun-acquisition mode is 
a critical issue for the stable operation of satellites.  A 
satellite operates in several different modes.  After separating 
from a launch vehicle, the satellite enters into the 
sun-acquisition mode.  Normally, after the sun-acquisition 
mode, a satellite sequentially switches to the sun-pointing 
mode, the earth-search mode, the attitude hold mode, and the 
science mode.  During a contingency, however, the satellite 
can enter a normal operation mode after the sun-acquisition 
mode.  The decision to enter normal operation depends on 
fast and reliable attitude estimation during the sun-acquisition 
mode.  Thus, simple attitude estimation in the sun-acquisition 
mode is an important issue for an LEO satellite. 

The advantages of gyroless attitude estimation are (1) fast 
and reliable attitude estimation during a gyroscope failure, and 
(2) more accurate initial attitude estimation if gyroscopes are 
in normal operation condition. 

There are a number of gyroless attitude estimation 
methods available in the literature, most notably Quaternions 
Estimator (QUEST) and TRIAD algorithms.  However, these 
methods require three-axis magnetometers, two-axis sun 
sensor, and an earth sensor to compute the necessary two 
orthonormal three-axis observation data [1].  Thus, when 
earth sensors fail, QUEST or TRIAD cannot be used.  In our 
gyroless attitude estimation algorithm, we only require the 
magnetometer and sun sensor observation data to calculate the 
satellite attitude in the sun-acquisition mode.  Our gyroless 
attitude estimation algorithm is simple and reliable and uses 
the geometry characteristics of the sun-acquisition mode of an 
LEO satellite.  The suggested attitude estimation procedure 
consists of the following three steps. 
a) Maneuver the satellite so that the roll axis points toward the 
Sun using direction information given from the sun sensors.  
b) Determine the unit vectors of the magnetic field with 
respect to the body frame using three axes magnetometers 
(TAM) data. 
c) Compute measured magnetic field unit vectors with respect 
to the earth centered inertia (ECI) frame from IGRF 2000 
reference magnetic field model. 
 

 
 
Navigation methods using magnetometers and other 

sensors have been suggested by many engineers and 
researchers [2-8].  Various researchers have showed that 
earth gravity, solar array direction, earth sensor, sun sensor, 
gyroscope, and accelerometer, all with magnetometers, can be 
used for attitude estimation.  Caruso estimated an aircraft’s 
attitude using TAM and an earth gravity model [2], but this 
method cannot be applied to the satellite application because 
earth gravity cannot be measured in space.  Shorshi and 
Itzhack presented orbit determination algorithm of a satellite 
using magnetic field measurement [3].  Although their 
research gave a successful orbit determination method using 
magnetometers, attitude information was assumed in their 
paper.  Schierman and Deutschmann developed gyroless 
attitude estimation algorithm using magnetometers and torque 
control input [4].  But this method used extended Kalman 
filter with the assumed torque control inputs and the initially 
determined attitude of a satellite.  Crassidis, Andrews, and 
Markley presented effective attitude determination algorithm 
of the TRMM spacecraft.  They suggested various attitude 
determination algorithms using fused sensors [5].  But the 
suggested algorithms in their paper used the gyro 
measurements.  Psiaki showed the attitude determination 
algorithm using the suboptimal method and Kalman filter [6].  
But in the sun-acquisition mode, it is impossible to use the 
suboptimal method to tune Kalman gain.  Challa, Natanson, 
and Wheeler suggested Deterministic Magnetometer-Only 
Attitude and Rate Determination (DADMOD) algorithm and 
Real Time Sequential Filter (RTSF) [7].  Their idea is to use 
TRIAD using TAM measurements and its first time derivative.  
But it is difficult to implement the TRIAD algorithm using 
unknown angular rotation rate.  Santoni and Bolotti made 
attitude determination algorithm of spinning spacecraft using 
solar panel [8].  Their method is reasonable for a small 
spinning satellite.  But their method cannot be applied to a 
three-axis controlled satellite in the sun-acquisition mode.  

In Section II, this paper defines the attitude estimation 
problem during the sun-acquisition mode when one-axis 
information is known.  Then, as preliminary materials, a 
satellite orbit model, an earth magnetic field model, and a sun 
ephemeris model are defined in Section III.  Then, in Section 
IV, attitude estimation algorithm is derived using sun sensor 
information and TAM measurement data.  In Section V, 
S-band antenna selection problem, telemetry data analysis of 
Korea Multi Purpose Satellite-1 (Kompsat-1) and the 
sun-acquisition mode simulation will be discussed to verify 
the suggested algorithm. 
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2. ATTITUDE ESTIMATION IN 
SUN-ACQUISITION MODE 

 
The satellite operation mode changes to the sun-pointing 

mode through the sun-acquisition mode when an inertial 
measurement unit (IMU) of a satellite fails.  In the 
sun-acquisition mode, normal onboard attitude estimation 
software is not reliable because normal attitude determination 
software uses gyro and steady measurement data.  During the 
sun-acquisition mode, sun sensors mounted on the edge of the 
solar array determine the Sun direction.  When the sun 
sensors find out the Sun direction, the attitude control software 
commands X-axis of satellite to direct toward the Sun using 
the thrusters.  After X-axis of the satellite directs toward the 
Sun using direction information from the sun sensors, Y-axis 
and Z-axis of the satellite have to be determined to operate the 
satellite in normal condition.  In general, Y-axis and Z-axis 
are determined using earth sensors.  But direction 
information using the earth sensors is limited to the case in 
which the line of sight of the earth sensors sees the Earth.  
Thus, attitude estimation research using magnetometers was 
initiated to determine the attitude of the satellite continuously 
during the sun-acquisition mode with the light onboard 
calculation.  

Earth magnetic field intensity is measured by TAM 
mounted on the satellite.  Reference earth magnetic model is 
given in earth-centered-fixed (ECF) frame.  The Sun 
ephemeris and satellite position are given in ECI frame.  
Estimated quaternions represent attitude transformation from 
ECI frame to body frame.  The direction vector of the Sun 
from the satellite with respect to the ECI frame can be derived 
from the vector summation as sun satelliter r− . Satellite orbit 
and position are known from the ephemeris propagation and 
global positioning system (GPS) signal.  Telemetry data used 
for the verification of algorithm represents the actual orbit and 
attitude data of Kompsat-1.  The measured earth magnetic 
field vectors are compared with reference earth magnetic field 
model.  Earth magnetic field vectors measured on body 
frame are transformed to ECI coordinate in order to compare it 
with the known reference magnetic field model.  This 
comparison shows the credibility of estimated quaternions 
because measured magnetic field intensity is transformed by 
estimated quaternions. 
 

3. SPACE ENVIRONMENT MODEL 
 
The sun synchronous orbit of Kompsat-1 was used for the 

sun-acquisition mode simulation.  The accurate earth 
magnetic field model and Sun ephemeris model are required to 
determine the attitude of satellite using the geometry equation 
of space plane. 

 
TABLE 1 KEPLERIAN ORBIT ELEMENTS 

Symbol Name (units) Value 
a Semi major axis (m) 7063269.0 
e Eccentricity 0.00561 
i Inclination 98.1265 
Ω Right ascension of  ascending node 0.0 
ω Argument of Perigee 0.0 
ν True Anomaly Not fixed 

 
3.1 Satellite orbit model  

Keplerian orbit elements of Kompsat-1 are given in Table 
1.  Note that a, e, i, Ω, and ω are constants, and ν changes 
according to time evaluation.  These orbit elements are 
changed into Cartesian coordinates in order to get the earth 

reference magnetic field data in ECF frame.  This 
transformation is performed using Eq. (1) and three coordinate 
transformations in Eq. (2).  
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Satellite position and velocity with respect to ECI frame are 
derived from below equations. 

( )1 2 3
Tc i i i

ECI oX C x x x= ⋅                         (3) 

( )4 5 6
Tc i i i

ECI oV C x x x= ⋅                         (4) 

 
3.2 Earth magnetic field model 

IGRF2000 is used for the reference earth magnetic field 
model.  Boundaries of Gauss coefficients used in the 
interpolation are as follows. 

1 10n≤ ≤ , 0 10m≤ ≤  
A Satellite position with respect to ECF frame is required to 
get the magnetic field direction and intensity on the satellite.  
So the ECI coordinate is transformed to the ECF coordinate 
using Julian day.  And this ECF coordinate changes into the 
spherical coordinate (r, θ, λ).  Here, r is the distance from 
earth center to satellite, θ is colatitude, and λ is longitude of 
satellite.  RE is earth radius, and Gauss coefficients, gn

m and 
hn

m, are determined by latitude and longitude.  And the earth 
magnetic field vector (B) is expressed by scalar potential 
function (V ). 
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3.3 Sun ephemeris model 

An accurate sun ephemeris model is required to calculate 
the direction vector from the satellite to the Sun with respect 
to ECI frame.  When the satellite is in a sun-acquisition mode, 
X-axis of satellite is controlled to direct toward the Sun.  The 
Sun direction is determined by the sun sensors.  The Sun 



position is obtained from Julian day (JD) 
365.25( 4716) 30.6001( 1)

       1524.5

JD INT Y INT M

D B

= + + +      
+ + −

        (7)                    

where A=INT(Y/100), and B=2−A + INT(A/4), (Y=year, 
M=month, D=day).  If M>2, Y and M don’t change.  If M=1 
or M=2, Y=Y−1 and M=M+12.  Current time (T) is derived 
from T=(JD −2451545.0)/36525.  Mean longitude of the Sun, 
mean perigee angle of the Sun, earth orbit eccentricity, real 
longitude of the Sun, real perigee angle, and inclination of 
ecliptic plane are used to figure out the Sun position with 
respect to satellite body frame. 

 
4. ATTITUDE ESTIMATION ALGORITHM 

 
An algorithm is developed to determine the attitude of a 

satellite using sun sensors and magnetometers in the 
sun-acquisition mode.  Suggested algorithm determines the 
coordinates of unit vector of the body axes with respect to ECI 
frame.  When the coordinates of the body frame axes, [x, y, z], 
with respect to the ECI frame is known, an attitude 
transformation matrix can be derived as follows,  

1 1 1

2 2 2

3 3 3

ECI
Body

x y z
C x y z x y z

x y z

 
   = ≡   
  

                 (8)                                                   

The derivation of algorithm is composed of the following five 
steps. 
a) Determination of roll-axis and introduction of geometrical 
characteristics.  
b) Relationship between ECI and the body Frame unit vectors. 
c) Determination of the body axes in ECI frame. 
d) Determination of a unique solution. 
e) Transformation Matrix Determination using Quaternions. 
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Fig. 1 Measured magnetic field components in body frame, 
and distance angles 
 
4.1 Determination of roll axis and introduction of 
geometrical characteristics 

The derivation of algorithm starts from the plane 
equation of space.  The plane equation of space is as follows, 

0x y zα β γ+ + =                                  (9) 
where α,β, and γ are normal vector components of a plane.  
Figure 1 shows the magnetic field intensity in the body frame 
(XB, YB, ZB), and distance angles between each axis and earth 
magnetic field vector.  A1, A2 ,and A3 are distance angles of 
earth magnetic field with respect to the body frame.  When 
origin of the ECI frame (Xi , Yi , Zi ) and origin of the body 
frame coincide with each other, the magnetic field vector has 
equal magnitude in both frames 

2 2 2 2 2 2
1 2 3 1 2 3( ) ( ) ( ) ( ) ( ) ( )B B B E E EB B B B B B+ + = + + (10) 

| | | |B EB B=                                     (11) 
where BB = [B1

B, B2
B, B3

B] is a magnetic field intensity vector 
measured on the body frame and BE= [B1

E, B2
E, B3

E] is a 
magnetic field intensity vector with respect to the ECI frame.  
The normal vectors, [α, β, γ], computed in Eq. (9) corresponds 
to the Sun direction vector in the body frame.  This vector is 
computed in Eq. (9) using the Sun ephemeris information.  
After X-axis of satellite body frame has been maneuvered 
toward the Sun using direction information from the sun 
sensors, X-axis is computed from the Sun ephemeris data.  
Figure 2 shows a geometry structure when the satellite is in a 
sun-acquisition mode.  Note that unit vectors of YB axis and 
ZB axis are on the plane made by YB axis and ZB axis, and these 
two unit vectors are orthogonal to other. 
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Fig. 2 Distance angles between magnetic field and unit vectors 
in body frame.  X-axis of body frame directs toward the Sun. 
 
4.2 Relationship between ECI and the body frame unit 
vectors 

Distance angles between Y and Z unit vectors on the body 
frame and magnetic field vector are denoted A2 and A3.  Two 
different coordinates can be applied to these unit vectors.  
One is the ECI coordinate and another is body frame 
coordinate.  Let Pi

E (i=2,3) be the coordinate of these unit 
vectors with respect to ECI, and Pi

B (i=2,3) be the coordinate 
of unit vectors with respect to the body frame.  From these 
two coordinates, the following relation is derived. 

( )= ( )

                , 2,3
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    (12)             

If we just consider the unit length of magnetic field, the above 
equation can be expressed as follows, 

( ) , 2,3E E B B
i i iB P cos A B P i⋅ = = ⋅ =                  (13)             

 
4.3 Determination of solutions 
From Eq. (9), unit length coordinates on YB-ZB plane with 
respect to ECI can be expressed as follows, 

2
1[ , , ( )]EP a b a bα β
γ

= − +                          (14) 

3
1[ , , ( )]EP c d c dα β
γ

= − + .                        (15)             

From Eqs. (13-15), we obtain 
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1 2 3 3
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From Eq. (16), b can be expressed as follows, 
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Using the fact that two coordinates, P2
E and P3

E, are unit 
vectors when Eq. (18) is substituted into Eq. (14), we 
determine a by the following 2nd order equation. 
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Then determined a is substituted back into Eq. (18) to find b.  
Using a similar procedure on Eqs. (18-23), c and d can be 
derived.  

2
1 2 3 1 20,   and  c c d k k cα α α+ + = = +                (24)                                           

where α1 and α3 are equivalent to Eq. (21) and Eq. (23). But 
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Finally, P2
E and P3

E are computed by substituting a and b into 
Eq. (14), and c and d into Eq. (15). 
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Fig. 3 Two lines exist on the YB-ZB plane of space which have 
the same distance angle from the earth magnetic field vector. 
 
4.4 Determination of a unique solution 

From these solutions, we found out that there are two sets 

of unit vectors as the solutions.  In other words, there are two 
unit vectors for Y-axis, and two unit vectors for Z-axis.  Two 
sets of solutions on each axis exist because there are two lines 
whose distance angle from the earth magnetic field vector is 
constant as shown in Figure 3.  In Figure 3, line L1 and L2 
have the same distance angle from the earth magnetic field 
vector.  Therefore we have to check the solution to determine 
the true solution.  The solution checking process is given as 
follows. 
a) Check whether two unit vectors on each axis are 
orthogonal. 
b) The following cross vector condition should be satisfied. 
x y z= ×                                        (27) 

Here, x is the unit vector coordinate of X-axis of body frame 
with respect to ECI, y is equivalent to P2

E of Eq. (14), and z is 
equivalent to P3

E of Eq. (15).  Note that above two conditions 
are ideal theoretical conditions.  In empirical case, y × z is 
not exactly equal to x in Eq. (27) because of the errors in sun 
sensors and magnetometers.  So, one more condition such as 
the one below is required. 

i j ijy z x× = , 1,2i =  and 1,2j =                   (28)             

Select y and z when || ||ijx x−  is the minimum value for all 

i, j=1, 2. 
 
4.5 Transformation Matrix Determination using 
Quaternions 

When unit vectors, [x, y, z], are selected from Eqs. 
(14-28), these unit vectors make quaternion attitude of 
satellite. 

11 12 13 1 1 1
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            (29) 

where 
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Quaternions are expressed as follow, 
1/ 2
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The algorithm is summarized as follow. 
      a) Determine the Roll-axis direction, [α, β, γ], using 
the Sun ephemeris data 
      b) Calculate BE= [B1

E, B2
E, B3

E] using the IGRF 2000 
reference model 
      c) Measure A2 and A3 using Eq. (13) 
      d) Calculate a and b using Eqs. (18) and (20) 
      e) Calculate c and d using Eq. (24) 
      f) Check solutions using Eqs. (27) and (28) 

g) Determine quaternions using Eq. (29)  
 

 
5. VERIFICATION OF ALGORITHM 

 
Two different verification methods were applied to the 

suggested algorithm to prove its effectiveness.  In order to 
consider the sun sensor measurement error, 1 degree error is 
assumed.  Magnetometers are assumed to have 2 mGauss 
measurement error. 
 
5.1 Verification using Real Kompsat-1 Telemetry Data 

Telemetry data of Kompsat-1 was used to test the 
developed algorithm.  But we only had Kompsat-1 telemetry 



data of the earth pointing.  Thus, we chose the satellite at the 
South Pole in which Kompsat-1 has the similar attitude to the 
sun-acquisition mode.  To obtain sufficient telemetry data, 
we chose the data which are with ±1 degree of the body axis 
X-direction.  Euler angles of telemetry data were compared 
with Euler angles calculated from the estimated quaternions.  
Comparison showed below angle errors. 

3telemetry calculatedφ φ φ∆ = − < °  

3telemetry calculatedθ θ θ∆ = − < °  

2telemetry calculatedϕ ϕ ϕ∆ = − < °  
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Fig. 4 S-band antenna selection criteria.   Positive criteria 
indicates zenith direction antenna is on the near side from the 
ground center.  Negative criteria indicates nadir direction 
antenna is on the near side from the ground center. 
 
Also, the S-band antenna selection problem was solved by the 
estimated quaternions.  This estimated S-band antenna 
directions was compared with the real telemetry data.  
Kompsat-1 has two S-band antennas.  One of them is in the 
nadir direction and the other is in the zenith direction.  Even 
if S-band antennas receive signals from omni-directions, 
interference can happen when two S-band antennas are used at 
the same time.  Therefore, one of two S-band antennas 
should be selected appropriately by using attitude estimation.  
North-east-down (NED) frame is used for the S-band antenna 
selection problem.  The Earth eccentricity is ignored.  The 
near side of S-band antenna from the ground control center is 
decided by the attitude information of the satellite.  The 
positive S-band antenna is in the zenith direction of satellite, 
and the negative S-band antenna is in the nadir direction of 
satellite.  Figure 4 shows the S-band antenna selection 
criteria calculated from the estimated quaternions.  When the 
satellite is in the earth-pointing mode, the satellite attitude is 
coincided with the local vertical local horizon (LVLH) frame.   
So we can know the X-axis direction of the body frame.  
Using this known X-axis direction, and TAM measurement 
data, we could calculate S-band antenna directions from the 
suggested algorithm.  This calculated antenna direction was 
compared with the real S-band antenna direction of the 
telemetry data.  The comparison showed that the correct 
antenna direction was determined using our algorithm.  
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Fig. 5 Quaternion errors (known quaternions – estimated 
quaternions).  Simulation was done for 6000 seconds.  
These 6000 seconds correspond to about one orbit period of 
Kompsat-1. 
 
5.2 The Sun-Acquisition Mode Simulation of Kompsat-I 

The sun-acquisition mode simulation was performed so 
as to direct the X-axis of body frame toward the Sun.  Figure 
5 shows quaternion errors between known quaternions and 
estimated quaternions.  Known quaternions are derived from 
the simulation scenario, and estimated quaternions are derived 
from Eqs (29).  Quaternion errors occur from two error 
sources.  One is the sun sensor error, and another is the TAM 
measurement error.  If the performances of sun sensor and 
TAM increase, the quaternion error will be decreased.  
. 

5. CONCLUSIONS 
 

The effectiveness of suggested attitude estimation 
algorithm was shown by both the telemetry data analysis and 
the sun-acquisition mode simulation.  Telemetry data 
analysis and the sun-acquisition mode simulation show that 
suggested algorithm has about 1 to 3 degree error.  The 
telemetry data analysis means that the suggested algorithm is 
effective in real satellite operations. 1 to 3 degrees can be 
considered as large errors when the satellite is in the science 
mode.  But 1 to 3 degree errors are sufficient to operate the 
satellite in the sun-pointing mode or when the gyroscopes 
have failed.  The advantage of the suggested algorithm is that 
it does not use the gyroscopes or Kalman filter in order to 
determine attitude.  Also it is simple to determine satellite 
attitude.  From the telemetry data analysis and the 
sun-acquisition mode simulation, we found out that the 
suggested algorithm provides the reliable satellite attitude 
information with light computation load and stable algorithm 
process.  We recommend using the suggested algorithm for 
the coarse attitude estimation of navigation system when one 
three-axes-measurement information and one-axis direction 
are known from onboard sensors.  It is also useful to use the 
suggested algorithm for the initial attitude estimation for 
Kalman filter. 
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